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PPT Overview
A pulsed plasma thruster, illustrated schematically in figure 1 , is an electromagnetic device applicable to multiple spacecraft propulsion functions. The PPT energy storage unit is charged by spacecraft power, generally processed by PPT-dedicated electronics.
The mechanical end of the thruster consists of an electrode pair in close proximity to a mass of solid inert propellant. The energy storage unit voltage is present across the thruster electrodes.
The thruster pulse is initiated by activating an igniter; itself mounted in close proximity to the propellant bar. The igniter generates sufficient plasma to provide a path for discharge of the energy storage unit across the thruster electrodes. This main discharge ablates and ionizes propellant into a plasma slug. The plasma is accelerated out of the thruster through a Lorentz (J x B) force. Additional, non-ionized particles are accelerated by pressure forces. The PPT plume is quasi-neutral. As the propellant surface ablates, a spring forces the propellant bar forward, providing consistent electrode/propellant geometry. Reference 9 provides an extensive review of PPT configurations that have been tested and flown. PPTs have been operated with impulse bits in the range of 25 _N-sec to 2 mN-sec and specific impulse of 300 to 1000 sec, tailored to specific mission needs.
EO-1 Mission
The primary objective of the Earth Orbiting 1 mission is to demonstrate new technologies in Earth imaging instruments. The spacecraft, with an estimated mass of 529 kg, will be launched into a sun-synchronous orbit following the Landsat 7 spacecraft, providing an opportunity to make direct comparisons in imaging data. In addition to imaging technologies, a number of complementary technologies were selected for demonstration on the mission, including the pulsed plasma thruster for attitude control.
A technology objective of the EO-1 mission is to demonstrate PPT operations for a minimum three-day duration experiment.
The PPT will control the spacecraft pitch axis, temporarily replacing the corresponding momentum wheel in the primary attitude control system. The spacecraft will use the PPT to perform three primary functions. Throughout " the experiment duration, the PPT will be used to counter environmental torque, generally firing at minimum energy levels. During spacecraft night, the spacecraft solar array must be rewound to prepare for sun tracking; the PPT will manage momentum during the rewind, firing at an intermediate energy level. During some orbits, the solar arrays will be parked to provide best conditions for science events, then accelerated back to resume sun tracking. In this most demanding mode, the PPT will fire at a high energy level to manage momentum. Based on a recent spacecraft attitude control system analysis, the EO-I PPT carries sufficient fuel to support an operational life of up to one month.
EO-1 PPT DEVELOPMENT
The development of the EO-1 protoflight PPT is summarized in the overall program schedule shown in figure 2.
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Technology Assessment andSelection Theprimary goals inthedesign oftheflightunit PPTwere asfollows:
• Lowoverall system mass (less than5kg) • Highlythrottleable impulse bit • Highreliability • Longlife(toenable theflightqualification ofthetechnology forfuture missions)
Whilethedesign oftheEO-I PPTwasstrongly based onthatofpreviously flightqualified design (refs. 8 and 10), several design improvements were required toachieve these design goals. These improvements wereprimarily inthedesign ofthecapacitor, electronics, and discharge initiation switching, aswellassome ofthematerials selected fortheflightstructure. Thekeyfeatures ofthese design improvements aredescribed below, followed by areview ofthefinalEO-1PPTdesign features andcharacteristics. Several capacitor technologies were investigated, including tantalum, metallized film, stacked ceramics, and rolled film. Of those options considered, only stacked ceramics and rolled film capacitors were found likely to provide the high current capability critical for PPT operation. Several off-the-shelf models were procured and tested in comparison with an actual unit from a LES 8/9 PPT. Therolled film configuration was chosen due to its PPT heritage and energy density capability. While the stacked ceramic capacitors have intriguing advantages, such as the lack of fluid and a higher resistance to thermal effects, there were concerns about design integration, unknown pulse lifetime, lack of heritage in the PPT application.
Of the roiled film designs tested, a 30 I.tF capacitor similar to that used on the NOVA PPT performed most impressively and was selected for further development.
Working closely with Maxwell Laboratories, who had built both the NOVA flight units and the 30 _ capacitor tested, significant design improvements were made over the state of the art, including:
• An improved dielectric combination for a better combination of energy density and life.
• Greatly improved core winding techniques developed by Maxwell, allowing for a more dense, consistent and reliable wind.
• Increased capacitance to 40 taF to handle higher energy levels.
• Laser cut foils to further reduce failure-inducing flaws and improve life.
• A more robust ceramic bushing to allow tolerance of vibration loads and thermal expansion stresses.
• Improved internal winding termination to reduce inductance and improve thermal transfer • Improved external electrode connections to minimize resistive and inductive losses.
The result was a flight capacitor that weighed 1.5 kg, 75 percent of the baseline LES 8/9, while handling over twice the pulse energy over comparable lifetimes. The final capacitor design underwent life testing at NASA GRC, where more than 26 million pulses at 43 J/pulse were achieved before the test was completed with the capacitor still in good operating condition. Accelerated life tests at Maxwell indicated a pulse life at 43 J/pulse in excess of 40 million pulses.
Electronics
Topology._The major sections of the PPT electronic circuit are shown in a block diagram schematic in figure 3 . The electronics are comprised of the charge converter, telemetry and command logic, EMI filter, and two discharge initiation circuits. To prevent radiative cross-coupling past the EMI filter, the housing was constructed with an integral EMI enclosure around the filter that is mechanically and electrically connected with the PWB via an EMI gasket.
Early in the program, PAC and LeRC decided to retain the LES 8/9 PPT electronics topology, specifically the basic flyback topology with 15 V command inputs, where practical, while focusing innovation on the implementation of that topology. For example, many discrete components in the LES 8/9 were eliminated in favor of a single Pulse Width Modulator (PWM) chip to provide the control of the switching circuit. Transformers were significantly updated, withimproved magnetics, capable of four times the power throughput in a smaller package. Higher reliability, higher density stacked ceramic capacitors were substituted for the tantalum capacitors of the LES 8/9.
Several individual components, such as the switching MOSFETs, were updated to more capable, more reliable modem parts.
Although the EO-I mission only calls for an average power requirement of I0 to 20 W, the electronics were designed to handle up to 120 W, allowing flexibility to use the same design for a wide range of missions. Through use of integrated circuits, and the improved componentry, the entire power processing unit could be fit on a single printed wiring board (PWB). Despite doubling the power handling capability, the EO-I electronics demonstrated a significant reduction in mass and volume relative to the LES 8/9 baseline, as shown in figure 4 . Each discharge initiation (DI) circuit consists of a 1 _ storage capacitor, a switch, and an isolation transformer for the high voltage pulse. The original design was strongly based on the original LES 8/9 design. The DI capacitor is charged from a tap off of the main power transformer. For a fixed pulse energy application like LES 8/9, this is compact and works well, but this also became a limitation later when the EO-I mission requested a high de_ee of throttleability, because the spark plug voltage scales with the main pulse energy. This limitation became apparent after the life testing of the EO-1 flight unit, as expected igniter wear increased the required spark plug voltage, slightly increasing the minimum pulse energy and impulse bit capability of the unit. This limitation is an artifact of design decisions made before the EO-1 mission was identified and will be remedied by the next generation PPT electronics program being conducted by GRC.
There are three distinct grounds in the protoflight unit as shown in figure 5: signal (low voltage) ground, high voltage ground, and chassis. The EMI filter isolates the signal ground from the spacecraft power bus. Optocouplers and differential impedance isolate the signal ground from the spacecraft command and telemetry circuits, respectively. Further protection of the spacecraft is provided by large filter capacitors and a transorb connected to PPT chassis. Finally, the high voltage discharge ground (PPT cathode) is isolated from the low voltage ground by isolation transformers and a large coupling resistance between the grounds.
Dischar ege IInitiation Circuit Switching._The selection of a highly reliable, low mass, high energy switching device for the triggering of the discharge initiation circuits was a significant design challenge. During the technology assessment phase, several different types of devices were considered, including SCRs, power transistors, power MO'SFETs, and IGBTS. The original LES 8/9 design used SCRs. The power transistors were ruled out because of excessive base drive requirements. The MOSFETs were ruled out because of power and peak current limitations.
The SCRs had the advantages of flight heritage and a higher resistance to radiation because of metal packaging.
However; they are prone to latch up failures, have an electrically hot case in a configuration that is difficult to integrate on a low profile board, and have significantly higher mass than IGBTs. IGBTs were selected because they offered the following advantages over other devices:
• Higher peak current capacity, which maximizes spark plug peak voltage.
• Readily available in 1200 V configuration, which was almost twice the ratings of other devices. • Smallest size and mass.
• Latch proof design, yielding higher system reliability.
During the performance testing of the EO-1 unit, it was determined that the IGBTs were sensitive to the PPT discharge, causing spurious discharges in the uncommanded DI circuit. This sensitivity also overstressed the IGBTs, causing premature failure. To still enable the use of IGBTs on the flight unit, the PPT electronics were modified to provide additional filtering of the DI circuit and a zener diode was installed at the gate of the IGBT for further protection. Additionally, the command structure of the PPT was modified to effectively disarm the nonfiring DI circuit. 
EO-I PPTDesign Features
Following validation oftechnology improvements withabreadboard thruster, adesign specifically forthe EO-I mission wasdeveloped. TheEO-1PPTconfiguration isconsistent withthefigure1schematic, buthastwo parallel and opposing thruster heads, each consisting ofanelectrode pair, igniter, propellant barandsupport structure, tosupport thespacecraft pitchaxiscontrol function. Figure 6illustrates theEO-1protoflight unit, resting on aground handling fixture. Theenergy storage unit,power processing electronics andmechanical thruster elements areintegrated intoasingle unit. Theenergy storage unit,a40gFcapacitor, ispotted intoasingle piece aluminum chassis, which alsohouses theelectronics.
Thestriplines, fluorocarbon polymer fuelbars andelectrodes arehoused in anassembly ofdielectric thermoplastic parts withaluminum brackets forstiffness. Two"horns" tocontain thenear fieldplume andlocal contaminationareintegral totheelectrode housing. Theelectrode configuration hasa 1.5in.gap, with1in.wideby 1.5in. longparallel electrodes, which wasoneofthehighest performing configurations inthebreadboard tests. Theigniters, asingle spark plugforeach thruster, aremounted flushwiththeinnersurface ofthecathodes, andareconnected totheelectronics viashort highvoltage harnesses. Theclose proximity oftheelectronics andigniters isintended to minimize radiated EMIfromthespark plugcable.
ThePPTis attached totheEO-I spacecraft withaconical aluminum mounting bracket designed tolocate thethrust vectors inthepitchaxiscenter ofgravity plane. Twoelectrical harnesses provide power and command/ telemetry interfaces. Thetotal mass oftheEO-I PPTis-4.9kg.Theoutside dimensions oftheassembly are28cm widefromhorntohorn, 35cmlongfromthehorntothetipoftheconical mounting bracket, and19cmhighatthe tipsofthemounting bracket.
TheEO-I PPTisoperated viathree commands fromthespacecraft: amaincapacitor charge command anda discharge initiation command foreach ofthetwosides. Thecharge command charges thecapacitor tothedesired voltage asafunction oftheduration ofthecommand pulse. Therisingedge of adischarge command initiates the pulse withaspark onthedesired side. TheEO-I PPTwasset topulse ona 1Hzcycletomatch thespacecraft attitude control command cycle, although higher charge rates caneasily beaccomplished withachange ofresistor value.
Theimpulse bit isthrottled byvarying theduration ofthecharge command between 160and920msec. The maximum is set byspacecraft cycle timeconstraints. Theminimum isdetermined bytheminimum voltage thatthe spark plugwill produce aspark. Since therequirement forthrottling wasdetermined after theelectronics topology hadbeen fixed, theEO-1design does notcharge thedischarge initiation circuit independently ofthemaincapacitor. Theresult isthatthespark plugvoltage isreduced along withthemaincapacitor energy. Below thevoltage corresponding toa 160 mscharge, determined in part bythecondition ofthespark plug, theplugwill notreliably produce aspark.
TheEO-I PPToperates off 28+6 Vpower fromthespacecraft. Seven telemetry datapoints arerelayed backto thespacecraft. Thevoltage ofthemain capacitor andthetwodischarge circuit capacitors aremonitored. Twothermistors areinstalled tomonitor temperature atthemainpower transformer andthemaincapacitor case. Propellant quantity ismonitored through apotentiometer formed byaconductive inkprinted onthepropellant barhousing and awiperattached toeach propellant bar. Table I summarizes theprimary characteristics oftheEO-1PPT. Since theconfiguration oftheprotoflight PPT and theassembly andtest approach precluded measurement ofmass lossperimpulse bitandpower electronics outputvoltage andcurrent, some thruster characteristics areestimated based onrelevant breadboard thruster data.
Acceptance Test Program
A protoflight unitacceptance test program wasdefined in accordance withtheEO-I program requirements per theEO-1Verification Plan andEnvironmental Specification. Thetest program wasplanned toaccomplish thefollowing objectives:
(1) VerifyPPTcompatibility withspecified vibration, thermal andEMIenvironments, The benchtop test verified the basic electrical capabilities of the main charge converter (used to charge the large capacitor) and the discharge initiation circuits. Specific parameters that were monitored included the following:
inrush current, input and output currents and voltages during operation, telemetry signals, and sparkplug discharge
capability. An interelectrode test adapter was developed for these tests to link the PPT electrodes directly to the external resistive load. This adapter insulated the electrodes from each other while connecting each of the electrodes to the external resistive load. A small tap enabled electrode voltage to be measured directly with a high voltage probe.
Vacuum functional tests were performed in Vacuum Facility 6 at PAC. The PPT was fired at 5 and 56 J, thus verifying the impulse range of the thruster. Additional parameters that were verified included the following: input power range, telemetry signals, fuel bar potentiometer signals, and thermistor readings (before and after 500 pulse tests). In each case the performance of the PPT was verified. The predicted operating and survival temperatures were based on thermal analyses and test temperatures employed were 10°C beyond the predicted levels. Figure 7 illustrates the test sequence and temperature conditions. Per the analyses, the hottest temperature the PPT will be subjected to is during PPT operations, so the operation and survival temperatures were combined, with the 2 hr soak preceding thruster operations. The PPT was also operated for 10 min during one transition from cold-to-hot conditions. Cold survival temperatures in the range of-27.3 to -28.9°C, over the four cycles, were the best achieved due to test equipment, setup and environment effects. The PPT operated successfully over the four temperature cycles. There was no variation in performance characteristics between pre-and post-test ambient operations, and all operations at hot and cold extremes were essentially identical. However; during the first cold operating test, it was discovered that the PPT capacitor was charging at a different rate than seen during ambient temperature tests. The main capacitor and discharge circuit capacitors charged more quickly, resulting in a higher-than-expected voltage level for a given charge duration, and an associ- Thecontamination test wasperformed todetermine theeffect ofthePPT plume onthree different types of spacecraft surfaces, theX-band antenna, aradiator surface ofsilver-teflon tape, and theMLIwhich covers the spacecraft panels. Surface samples were provided byGSFC. Thesamples were installed onthespacecraft mock-up fortheside1lifetest. Sample locations arenoted in figure 8 .Control samples were notexposed toPPToperations orvacuum. AsthePPThadtoberotated 180°fortheside 2 lifetest, theorientation nolonger represented thePPT/ spacecraft geometry, andthesamples were removed fromthetest fixture forevaluation.
TheX-band antenna specimens were evaluated ple-andpost-test through exposure to8to12GHzsignals at theNASAGRCCompact Range Facility. Bothpre-andpost-test results demonstrated minimal differences between exposed andcontrol samples. Reflectance measurements oftheradiator and MLIsamples were made through spectrophotometry over awavelength range of350to 1200 nm.Radiator samples exhibited nosignificant change in characteristics; total reflectances over arange of350to900nmvaried less than 0.5percent between thecontaminated andcontrol specimens. There wasnochange inemittance fortheradiator samples. The conducted emissions CE01, CE03 and CE07 tests, and radiated emissions RE01 and RE02 tests were performed. In general, the PPT was pulsed at full energy during the emissions tests to generate worst case environments. Conducted emissions over the frequency range of 30 Hz to 15 kHz (CE01) were found to be well within the limit specification. Conducted emissions in the 15 kHz to 50 MHz frequency range (CE03) exhibited several conditions in which the emissions exceeded the specification limit. In considering these emissions, it is important to separate the emissions associated with the steady state charge cycle of the thruster from the transient events associated with the spark plug firing and the main discharge, which appear as the comb-like spikes in the plots. The latter are more appropriately assessed under the CE07 limits. As seen in figure 9 , the PPT exceeds the specification limits at The CE07 test involves the measurement of voltage spikes induced on the primary power lines by switching or cycling of the unit under test. For the EO-I PPT CE07 testing, a special RLC network and cable combination was used to simulate the EO-1 power bus. Worst case voltage spike magnitudes of 3 to 5 V peak-to-peak were well withintheEO-1specification of+50to -150 percent limit bands. By eliminating radiated emissions effects on the test set-up, measured conducted voltage spikes were further reduced.
The spark plug firing and/or main discharge events, occurring once per second with lasec duration dominate radiated emissions. The emissions were very broadband in nature, detected to GHz frequencies, and exhibited a large shot-to-shot scatter. The emissions appear to be isotropic. Radiated emissions from the charge electronics could not be detected due to threshold settings necessary to characterize the discharge events. The _ec duration emission events exceeded the RE02 broadband specifications by 50 to 75 dB at frequencies below 1 MHz as seen in figure 10 . This high level of low frequency noise is not uncommon for other plasma type thrusters or electric discharges. The emissions remained substantial to several GHz, possibly posing a general concern for spacecraft communication receiver performance. However; these short duration transient effects can be handled operationally or through data correction algorithms. Radiated magnetic field emissions were similarly dominated by the ignition/ discharge events. Charge cycle emissions were verified to be within RE01 limits. Broadband emissions from the transient discharge events are not directly comparable to the RE01 specification, however levels exceeded the standard RE01 limit at frequencies above 300 Hz. Due to the emissions characteristics of the protoflight PPT, a separate test was incorporated into the spacecraft integration and test program to accept compatibility of the spacecraft and PPT. This successful test is described in the I&T section below.
EMC.--Susceptibility
testing was conducted at NASA GRC, using the vacuum bell jar described above and the NASA GRC EMI test facility. The PPT operated successfully over the entire range of CS01, CS02, CS06 and RS03 tests and conditions. There was no change to PPT functionality in post-test operations. Voltage noise was present in the PPT telemetry channels during some of the susceptibility testing. PPT data is not an input into autonomous spacecraft operations and is only downlinked for data analysis; therefore, possible telemetry degradation has no effect on mission objectives. Performance Testin_.--Performance testing was conducted at both Primex and NASA GRC. The Primex
Vacuum Facility 6 and associated thrust stand were used for initial characterization of PPT functionafity. A full range of performance measurements were taken at GRC in the Vacuum Facility 3, using the GRC PPT thrust stand.
References 12 and 13 provide a full description of perfornmnce testing on both the EO-1 protoflight and breadboard
PPTs, including discussion of results. This paper provides a summary of key protoflight data only.
Primary axis impulse bit and thrust were measured, for both PPT sides, at five energy levels. While thrust can be calculated from impulse bit using the pulse frequency, both characteristics were determined experimentally. The results are provided in table II. A significant result of the primary axis testing was measurement of a difference in performance between the two thruster heads. Additionally, shot-to-shot variation was measured. EO-1 program and schedule considerations precluded investigation into the nature of these features on the flight unit. During performance testing of the breadboard PPT, it was noted that there was a measurable off-axis component of the PPT pulse. Therefore, each side of the EO-I PPT was characterized for off-axis thrust by measuring performance along two axes orthogonal to the primary axis. The tests showed a thrust component in the direction of the anode, as the expelled plasma was deflected towards the cathode electrode on each PPT side. The deflection angle between the thrust vector and the primary axis is within 5.5°for all operating conditions. After completion of the life test of the acceptance test program, primary axis performance was again measured to determine whether the PPT impulse bit and thrust had changed. There were modest changes in the performance parameters noted; however, absolute changes in performance characteristics could not be discriminated from test set-up effects. During this test, it was determined that the PPT no longer fired refiably at the lowest desired capacitor charge duration of 120 msec, or energy of -6.4 J. The change in minimum firing range is attributed to spark plug wear over the 100 000 pulse life test. Spark plug breakdown characteristics have been shown to vary between sparkplugs and over time. These typical changes have been identified as causes for the change in PPT performance (ref. 5). The minimum charge duration for operational use was therefore changed to 160 msec, or energy of 8.5 J.
In addressing the EO-I performance requirements on the P_, a number of factors had to be considered. The EO-I program need was to characterize the actual impulse bit against the commanded charge duration. An impulse bit range, vs. charge duration, was developed that accommodated three sources of variation:
• shot-to-shot variation, due to random changes in the discharge characteristics,
• apparent characteristic difference in performance between side 1 and side 2,
• capacitor charging differences due to PPT temperature, as discussed in the Thermal/Vacuum Section above.
NASA/TM--2000-210340
The finalEO-I/PPT Interface Control Document impulse bitrange, asdetermined bytest andanalysis, ispresented inthefigure11.
A number ofmethods exist fordecreasing therange ofimpulse bitvariability, forboththeEO-I PPTandfor future PPTunitsbased onsimilar technology. Infuture PPTs, circuit orcomponent changes canbeimplemented to reduce thermal sensitivity oralterthethrottling approach, therefore negating thermal effects. Changes tothespark pluginitiation circuit, andthespark plugitself, could also improve shot-to-shot variability andlowthrottle level reliability. Tonarrow theshot-to-shot uncertainty forEO-1, theoperating temperature range could bereduced analytically bymodeling expected PPToperations; andtheimpulse bitvariation could bereduced statistically using relevant breadboard PPT performance data. DuetotheEO-1program constraints, andthegeneral flightexperiment objectives, theEO-I PPTperformance wasaccepted without further analysis ortest toyieldsuch improvements. Research continues atGRC, withbothlaboratory activities andanupcoming electronics research contract.
Spacecraft Integration andTest
Integration of the PPT to the spacecraft occurred in two phases. During December 1998, initial electrical interface testing was conducted to demonstrate spacecraft electromagnetic compatibility with PPT operations. Because of the conducted and radiated emissions measured from the protoflight PPT, there was significant concern that PPT pulses may upset the spacecraft processor or associated electronics. After safe-to-mate checks, the PPT was electrically mated to the spacecraft and operated in two modes. During the first sequence, the PPT, in ambient conditions, was discharged into a resistive load box to demonstrate spacecraft/PPT functionality.
Assorted test equipment was required to capture either igniter spark as a signal, transform the signal into a command to the load box, and effect the discharge into the load box. The spacecraft/PPT electrical interface checked out per specification. The PPT was then installed into a vacuum bell jar provided by NASA GSFC and remated to the spacecraft electrical interface.
The PPT was fired in vacuum while the spacecraft systems were observed. The PPT and the spacecraft operated nominally over the range of test conditions. Demonstration of flight-like operations substantiated that the protoflight PPT EMI emissions do not represent a threat to normal spacecraft operations.
The second phase of integration occurred when the PPT was mechanically mated to the spacecraft in April 1999. The electrical interface was reverified using the test equipment for ambient PPT operations. All aspects of the integration went as planned.
The PPT will be operated, using the ambient discharge support equipment, during spacecraft Comprehensive Performance Tests (CPT). After spacecraft major integration and test milestones, the spacecraft CPT will be con- Other applications ofcontinued andnewly developed interest areorbit raising, constellation maintenance, and micro-satellite propulsion. Manysmall, lowEarth orbit, spacecraft would benefit fromPPTs asprimary propulsion, toeither extend mission lifeorallowlaunch onasmaller vehicle. Thedevelopment directions forthisapplication areincreased power handling andthrust topower ratio. PPTs areastrong contender asatechnology demonstration ofconstellation maintenance, which includes bothattitude and translational position control, ontheSpace Technol-ogy3(ST-3, formerly DS-3) mission (ref. 5).Thisdemonstration wouldlead intoanenabling roleonlater genera-tionOrigins missions, such asTerrestrial Planet Finder. Thelonger themission, themore favorably PPTs trade against coldgasfromamass perspective. Finally, forverysmall satellites, inthe10kgtotal mass region, miniatur-izedPPTs become oneofthefewviable options foron-board propulsion. The small impulse bit is much more easily scaleable for spacecraft of this size than systems with tanks and valves. 
CONCLUSION

